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RESEARCH MEMORANDUM

AFRODYNAMIC CHARACTERISTICS OF A 60° DELTA WING HAVING A
HALF-DELTA TIP CONTROL AT A MACH NUMBER OF 4.0k

By Edward F. Ulmann and Fred M. Smith

SIMMARY

An investigation has been conducted in the Langley 9- by 9-inch Mach
number 4 blowdown Jet to determine the aerodynemic characteristics of a
60° delta wing with a half-delts tip control at a Mach nmumber of 4.04 and

& Reynolds mumber of 5.8 x 109, based on the wing mean serodynsmic chord.
The results of the investigation were compared with the predictions of
linear theory and the two-dimensional shock-expansion theory. The two-
dimensional shock-expansion theory gave improved predictions of the 1lift
and roll characteristics, but gave less accurate predictions of the hinge-~
moment perameters. The hinge-line location of these tests (59.6-percent
control root chord) resulted in steble variations of the hinge-moment
coefficient with control deflection and angle of attack, except for an
angle of attack of 12° for control deflections from 0° to -6°. A com-
parison was made of the rolling effectiveness of the test configuration
with that of a rectangular wing having the same span and a 30-percent-
chord trailing-edge flap. The comparison-showed that the increased
effectiveness of the tip control over the full-span trailing-edge control,
which has been observed at lower supersonic Mach.numbers, is also present
at & Mach number of k.

INTRODUCTTION

Numerous tests of tip controls on delta wings at transonic and low
supersonic speeds have shown that such configurations provide satisfactory
rolling-moment effectiveness, and that the hinge moments can be controlled
by proper locstion of the hinge line (ref. 1).

.The purpose of the present tests is to determine the ¢} aracteristics
of such a configuration at a Mach number of 4.0}t and a Reynolds number

of 5.8 x 106, based on the wing mean aerodynamic chord. The wing and
conbrol plan form, location of the hinge line, and ratio of the control
to the wing area are the same as those of one of the wings tested at a
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Mach number of 1.61 (ref. 1). The airfoll sectilon is different, however,
in that it has a sharp leading edge instead of the rounded leading edge
tested at a Mach number of 1.61. The sharp leading-edge section was
considered to be of more interest since in reference 2 it was shown that
at a Mach number of 4.0k the wing with this section had 30 percent lower
minimm drag and 22 percent higher maximum 1ift-drag ratio than the same
wing with the rounded leading-edge section. The s leading-edge wing
and control were also tested at a Mach number of 6.9 (ref. 3), but only
the control hinge-moment characteristics were obtained.

Lift, drag, pitching-moment, rolling-moment, and hinge-mcment
coefficlents are presented for the test configuration through an angle-~
of-attack range from 0° to 12° and a control-deflection range from
approximately -16° to 140,

SYMBOLS
M free-stream Mach number
o] free-stream dynamic pressure
c wing root chord
T wing mean aerodynamic chord, % c
b wing span, twice semispan
Cp control root chord
Cp control mean aerodynamic chord, % ce
be control span
S area of semispan wing
Se area of control
a wing angle of attack
sl control-deflection angle relative to chord of wing, positive

with trailing edge deflected downward

R Reynolds mmiber based on wing mean aerodynamic chord
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normal force of semispan wing and control

1ift of semispan wing and control '
drag of semispan wing and control

pitching moment about 0.5¢C

control hinge moment about hinge line, positive when tending
to deflect trailing edge downward

wing rolling moment about wing root, positive when tending to
roll right wing downward

rolling moment due to control deflection

normal-force coefficlent, N/gs
/ .
lift coefficient, L/qgS

drag coefficient, D/qS

incremental drag due to control deflection,
(CDs ) CDs:o)

a=constant

pitching-moment coefficient, M'/qES
control hinge-moment coefficient, H/qCrSe

gross rolling-moment coefficient, L'/2qu

rolling-moment coefficient due to control deflection,
Cy - (Cy

gross gross/5=0

ratio of wing lift 4o wing drag

wing-tip helix angle

rolling angular velocity

free-stream airspeed

damping-in-roll coefficient, BCZ > Bb
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Cy, lift-curve slope, BCL/am
o
CL8 rate of change of 1ift coefficient with control deflection,
a0y, |3
Chm rate of change of control hinge-moment coefficient with angle
of attack, Cy[d
Ch6 rate of change of control hinge-mament coefficient with control
deflection, BChIBS
CZ rate of change of rolling-moment coefficient with control
5 deflection, BCZ/BB ,

APPARATUS AND TESTS

The tests were conducted in the Langley 9- by 9-inch Mach number L4
blowdown Jet. A description of the jet along with a test-~section flow
calibration is presented in reference L. The settling-chamber pressure,
which was controlled by & pressure-regulating valve and was continuously
recorded during each run, was approximstely 185 Ib/sq in, abs. The
settling-chamber temperature was also conbinuously recorded during each
run. An external side-wall-mounted strain-gage balance was used to meas-
ure the normal force, chord force, pitching moment, and rolling moment of
the model, A strain-gage beam mounted on the wing support (fig. 1) was
used to measure the control hinge moment. Schematic diagrams showing
the wing mounting and test-section orientation are shown in figures 1
and 2,

The Reynolds mumber for the tests was 5.8 X 106, based on the wing
mean serodynamic chord. Because of the balance limitations, the angle-
of -attack range was held to 0° to 12° and the control-deflection range
was approximately -16° to 14°. The tests were made at humidities below

5 X lO"6 pounds of water vapor per pound of dry air; such humidities are
believed to be low enough to eliminate water-condensation effects. The
test-gection static temperature and pressure did not reach the point
where liquefaction of air would occur.
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MODEL

The model (fig. 3) consisted of & steel semispan wing of delta plan
form with a 60° sweptback leading edge, an aspect ratio of 2.31, and a
symmetrical modified hexagonal section 3 percent thick at the root. The
section consisted of a wedge-shaped leading edge, a parallel-sided mid-
section, and a half-blunt wedge-shaped trailing edge. The wing was of
constant thickness out to the 56.3-percent-semispan station. The area
beyond the 56.3-percent-semispan station formed the half-delta control
surface. The control had an area equal to 19 percent of the wing area.
A gap of 0.002 to 0.005 inch was provided for clearance between control
surface and wing. The control-surface hinge line was located at 59.6 per-
cent of the control root chord.

PRECISION OF DATA

The uncertainties involved in measuring the angles, forces, and
moments, and in determining the aerodynamic coefficients have been eval-
uated. The probable uncertainties are listed as follows

* L] [ ] * - . - - * L] * Ll L ] [ ] - [ ] L ] L] . * [ ] * - to.]—
5, deg . . +0.1
CI' [ ) [ ] [ ] L] L ] L] o ® L] [ ] L - L ] k] [ ] L] [ ] L] L ] *® L] » L ] L] - . [ ] [ ] * - -1;0‘005 '
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THEORETICAT, METHODS

The 1ift, rolling-mament, and hinge-moment parameters of the wing
and control were estimated by linear theory (refs. 5 and 6) and by the
two-dimensional shock-expansion theory. The latter method, which is
based on considerstions of the similarity of the flows over delta wings
with and without thickness, has been shown to give good predictions of
the lift-curve slopes of the wing used in this investigation and of other
gharp leading-edge-section delta wings with atbached leading-edge shocks
(ref. 7). The predictions of the method have also been campared with
experimental hinge-moment slopes obtained at a Mach number of 6.9 on the
control used in this investigation and on one other tip control (ref. 3).
It wvas found that, at a Mach number of 6.9, the shock-expansion theory
generally gave better predictions than the linear theory.
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The theoretical drag coefficient of the wing at zero 1ift was com-
puted in two parts: pressure drag and skin-friction drag. The pressure
drag was obtained by integrating the chordwise components of the surface
pressure computed by the two-dimensional shock-expansion theory and by
including in the integration an experimental base-pressure coefficlent
from reference 8. Thig method follows from the analysis of reference T,
which showed that the pressure-drag coefficients of thin double-wedge-~
section delta wings with attached leading-edge shocks were closely
approximated by the shock-expansion two-dimensional drag of the wing
sections.

The skin-friction drag was estimated by using Van Driest's theoret-
ical values of laminar and turbulent skin-friction coefficients (refs. 9
and 10) and a transition point obtained from boundary-layer visualization
tests of the wing.

The experimental drag coefficients are compared with theoretical
drag coefficients computed on the assumptions that there is no verilation
of chord force with angle of attack and that the drag due to 1lift is equal
to the streamwise component of theoretical shock-expension normasl force.
These assumptions have been justified by tests of low-aspect-ratio wings
at supersonic speeds (refs. T end 11).

_ The chordwise and spamwise centers of pressure of the wing-control
combination near o = 0° and & = 0° were obtained by linear theory
end by the two-dimensional shock-expansion theary. As e first approxi-
mation of the center-of-pressure locations at higher angles of attack
and control deflections, the gap effects between the wing and control
were considered negligible, and two-dimensional loading proportional to
the total deflection (a + ) was assumed to apply independently to the
wing and the control.

RESULTS AND DISCUSSION

The basic aerodynamic data for the test configuration are presented
as functions of 1ift coefficient, control deflection, and angle of attack
in figures 4 to 7. Figures 8 and 9 present a comparison of the rolling
effectiveness of the control tested with the rolling effectiveness of a
full-span 30-percent-chord trailing-edge flap on an aspect-ratio-l.33
rectangulaer-plan-form wing (ref. 12).
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Effects of Changes in Angle of Attack and Control Deflection

Changes in angle of attack or control deflection produce approxi-
mately linear changes in 1ift coefficient, pitching-moment coefficient,
and rolling-mcment coefficient (figs. 4, 5, and 6). The drag curves
have the usual parabolic shape with the minimm drasg and the maximum
lift-drag retio occurring at a control deflection of 0°, as might be
expected (figs. 4(a) and 4(b)). Variations of the hinge-moment coeffi-
cient with changes in angle of attack or control deflectlon are approxi-
mately linesr until the angle of attack exceeds sbout 4° (fig. 5). Tests
of configurations having the same wing and control plan form and ratio of
the control to the wing area at Mach numbers of 6.9 and 1.61 (refs. 3
and 13) show approximately the same trends. Tt should be noted that the
wing tested at a Mach number of 1.61 had a slightly different airfoil
section. The nonlinearities in hinge moment are caused by shifts of the
center of pressure of the cantrol normal force, since the variations of

wing 11ift with angle of attack and control deflection are approximately
linear.

The date show g stable variation of hinge moment with control deflec-
tion, except at 12° angle of attack between control deflections of -6°
and 0°, The hinge-moment varistion with angle of attack for constant
control deflections is stable throughout the tests. The tests at a Mach
number of 1.61 (ref. 13) show approximately the same regions of steble
and unstable hinge-moment variation as the present tests. Reference 3,
which reports tests on thls configuration at a Mach number of 6.9, shows
stable hinge-moment variations throughout the range of the tests, but
does not present hinge-moment variation with control deflection for
angles of attack greater than 8°.

Comparison of Experimental Results With Theoretical Predictions

The wing-lift and rolling-moment slope parameters, as predicted by
linear theory, were low in every case, as shown in table I, The shock~
expansion theory, however, gave improved predictions of wing 1ift due to
angle of attack, lift due to control deflection, and rolling moment due
to control defiection. The differences between experimental results and
theoretical predictions were reduced from 13 percent to 5 percent for
CLm’ from 27 percent to 15 percent for CLB’ end from 11 percent to 3 per-

cent for CZ by the use of the shock-expsnsion theory instead of linear
S)

theory.

The minimm drag of the wing was falrly well predicted by theory,
as shown in figure 4(a). The drag due to 1lift at zero control deflec-
tion was well predicted by the simple resolution of the normal and chord
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forces, also shown in figure k(a). The fact that the drag due to 1lift
at constant angle of attack was somewhat underestimated at the higher
control deflections (see also fig. 6(b)) indicated that considersble
drag is induced by the flow through the gap between the wing and control.
Flow separation over the upper surface of the control, although likely
to be present at high total control deflections, would not increase but
would actually reduce the drag. The predicted maximum lift-draeg ratio
(fig. ¥(b)) for zero control deflection was 11 percent higher than the
experimental value, which is not surprising since the predicted drag was
lower than experimentsl drag.

Near 0° angle of attack and control deflection, linear theory pre-
dicts the chordwise center-of-pressure location to be 66.7 percent of
the root chord from the wing apex. The experimental chordwise center-of-
pressure location Cp/Cy was found to be approximately 66 percent of

wing root chord from the apex. The chordwise center-of-pressure location
was predicted more accurately by linear theory than by the shock-expansion
theory, which gave a value of 64.3 percent of root chord. Also near O°
angle of attack and control deflection, the linear theory predicts the
spanvise center-of-pressure location of the wing to be 35.4 percent wing
semispan from the root chord, and the shock-expansion theory gives a
predicted value of 34.3 percent. The experimental spanwilse center-of-
pressure location was found to be approximately 38 percent wing semilspan
from the root chord. Predictions of center-of-pressure locations at
angles of attack and control deflections other than 0° were usually
within 5 percent of the wing root chord or wing semispan of the experi-
mental results, as shown in figure 7. An exception to this is the

a = 0° curve which shows large disagreement between the experimental

and theoretlcal values of sgpanwise center of pressure at the low control
deflections. Except for the low forces involved, there is no apparent
reason for this disagreement.

The control hinge-moment parameters Chm and Ch5 are gcmevhat

more accurately predicted by linear theory than by shock-expansion two-
dimensional theory, especially in the case of chtL (table I). The

reasons for this cannot be determined from the present data since meas-
urements of the control normal force were not made, and, therefore, the
center of pressure of the control normal force could not be obtained.
It is realized, of course, that the use of the two-dimensional shock-
expansion theory to predict Cha and ChG for this configuration at

a Mach number of 4.0 is more likely to give poor predictions than at a
Mach number of 6.9, where it gave good predictions (ref. 3), because of
the larger area of three-dimensional flow over the control at the lower

Mach number.
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Comparison of the Rolling Effectiveness of the Test Configuration

With That of a Rectangular Wing Having a Full-Span
Trailing-Edge Flap Control

The rolling effectlveness pb/éVB for the test configuration end
the configuration of reference 12, which have the same wing span, was
computed by using the experimental value of CZS and theoretical values

of the damping-ln-roll coefficient Czp from reference 14 and is given
in the following table:

Confilgurati C
- - GZS 7?;:I.cza.l o[V
Wing plan form| Type of conbtrol (experimental) (th52§? 1h) ) s}
Delte Half-delts tip =0.00066 -0.085 0.0083
Rectangular 30-percent-chord -. 0004, -.1245 +0035
tralling-edge
flap

Although the ratio of control to wing area for the delts configura-
tion is only 63 percent of that of the rectangulsr configuration with
tralling-edge flap, the delta configuration produces 50 percent more
rolling moment and has about 125 percent greater rolling effectiveness.
Two reasons for the improved effectiveness of the delta wing and comtrol
over the rectangular wing and flap are that the tip control area is more
favorably located, and the delte wing has much lower damping in roll,
This improved effectiveness has been demonstrated by many investigations
at lower supersonic Mach numbers.

For the same wing-tip hellx angle pb/EV, the full-gpan rectangular
flap produces gpproximately 150 percent as much incrementel drag as the
tip control at all angles of attack (fig. 8).

A further comparison of the test wing and the wing of reference 12
is shown in figure 9. The parameter plotted is the ratio of rolling-
moment slope to hinge-moment slope for each wing. A large number indi-
cates good rolling characteristics for a given hinge moment, whereas a
small nunber indicates poor rolling characteristics. It can be seen
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that the value for the test wing is from 4 to 7 times greater than the
value for the wing of reference 12.

CONCLUDING REMARKS

An investigation has been conducted in the Langley 9- by 9-inch Mach
number 4 blowdown jet to determine the aerodynamic characteristics of a
60° delta wing with a half-delta tip control at a Mach number of 4.04 and

a Reynolds mumber of 5.8 X 106, based on the wing mean aerodynamic chord.
The results of the investigation were compared with the predictions .of
linear theory and the two-~dimensional shock-expansion theory. The two-
dimensional shock-expansion theory gave improved predictions of the 1lift
and roll characteristics, but gave less accurate predictions of the hinge-
moment parameters. The hinge-line location of these tests (59.6-percent
control root chord) resulted in stable variations of the hinge-moment
coefficient with control deflection and angle of attack, except for an
angle of attack of 12° for control deflections from 0° to -6°. A com-
parison was made of the rolling effectiveness of the test configuration
with that of a rectangular wing having the same span and a 30-percent-
chord trailing-edge flap. The comparison showed that the increased
effectiveness of bhe tip control over the full-span trailling-edge control,
which has been observed at lower supersonic Mach numbers, 1s also present
at a Mach number of k.

Langley Aeronsutical Laboratory,
National Advisory Committee for Aeronautics,
Langley Field, Va., Jenuary 11, 1955.
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TABLE I.- WING AND CONTROL PARAMETERS

Parameter

Linear theory

Shock~-expansion theory

Experimental value

‘L,
“Ls

0.0178
.0033
-.00059
-.0029
-.00354

0.0194
.0038
-.00068

-.0016
-.0016

0.0205
.00k5
-.00066
-.0023
-.0037
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number 4 blowdown jet and balance arrangement. All dimensions are in
inches.
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Figure 4.~ Variation of aerodynamic characteristics with 1lift coefficient
of a 60° delta wing having a half-delts tip control at M = 4.0k
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Figure 6.- Concluded.
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(b) Spanwise center of pressure.

Figure T.- Variation of cenmter-of-pressure locations with control deflec-
tion of a 60° delta wing having a half-delta tip control at various

angles of attack at M = 4.0 and R = 5.8 X 106.
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Figure 8.~ Comparison of incremental drag coefficients of & helf-delta
tip control and a full-span tralling-edge rectangular flap-type con-
trol at control deflectlons producing the same wing-tip helix angle.
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Flgure 9.- Camperison of ratics of rolliing-moment slcope to hinge-moment
slope of a half-delta tip conirol and a full-span rectangular trailing-
edge flap-type comtrol at M = L.Ok.
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